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SUMMARY 

Results of two-dimensional wind tunnel tests of the symnetncil NACA 
0012 airfoil in the Langley Research Center's 8- foot Transonic Pressure 
Tunnel are reported. Tests were conducted at lift coefficients from near 
zero through maximum values at Mach numbers from 0.30 to 0.86 for Reynolds 
numbers of 3.0 million and 9.0 million with transition fixed at 5-percent 
chord. A limited amount of data was obtained near zero and maximum lift for 
a Reynolds number of 6.0 million with transition fixed at 5-percent chord. 

In a<^dition, transition free data were obtained through the Mach number 
range fi^em 0.30 to 0.86 for zero lift and a Reynolds number of 3.0 million. 

INTRODUCTION 

Advances in computational methods and increased concern about wind 
tunnel wall interference effects in the transonic speed range have under- 
scored the need for reliable two-dimensional experimental data. In an 
effort to provide such data, tests have been conducted on the symmetrical 
NACA 0012 airfoil in the Langley Research Center's 8-foot Transonic Pressure 
Tunnel. The 8- foot tunnel was chosen because, although it was not designed 
as a two-dimensional tunnel, its geometry permits a model of large chord 
while raintaining a large span-to-chord ratio, both of which are desirable 
for two-dimensional testing. In addition, the ratio of sidewall- 
displacement-thickness {8*) to tunnel width (b) for the 8-foot tunnel 


(2fi*/b = 0.0084) is small, which tends to minimize si dewall -boundary-layer 
effects (ref. 1). The 0012 airfoil was chosen since it has long been a 
standard two-dimensional model for evaluating wind-tunnel test techniques 
and computational methods (see, for example, ref. 2) and for mAing 
comparisons between data obtained in different wind tunnels. 

The purpose of thA report is to document the results of these tests. 
Consequently, results are presented without discussion. 

SYMBOLS 

Values are given in both SI and U.S. Customary Units. Measurements and 
calculations were made in U.S. Customary Units. 
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Pl - P. 

pressure coefficient, 

chord of airfoil, cm (in.) 

section profile-drag coefficient determined from wake measurements 
(ref. 3), 
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wake 

point drag coefficient (ref. 3) 
section pitching-moment' coefficient. 
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section normal-force coefficient. 
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vertical distance in wake profile, cm (in.) 



M M^ch number 

o 

p static pressure, N/m^ (Ib/ff^) 
q dynamic pressure, (Ib/ft^) 

Rp Reynolds number based on airfoil chord 
X airfoil abcissa, cm (in.) 

z airfoil ordinate, cm (in.) 

angle of attack, angle between airfoil reference line and airstream 
direction, deg 
Subscripts : 

L local point on airfoil 

lower surface 
u upner surface 

undisturbed stream conditions 

APPARATUS AND TECHNIQUES 

Wind Tunnel Model 

A sketch of the 0012 airfoil model is presented in figure 1 and the 
design and measured section coordinates are presented in table I. The 
measured coordinates of the experimental model deviated slightly from the 
design coordinates, but these deviations are small, nowhere greater than 
Az/c = 0.0002 and generally less than 0.0001, and should not signi ficantly 

affect the results. 

The wind-tunnel model spanned the width of the tunnel with a span-chord 
ratio of 3.43. The body of the model was machined from aluminum witu 
embedded pressure tubes and the leading edge was made of stainless steel. 
Angle of attack was changed manually by rotating the model about pivots in 
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the tunnel sidewalls. A sketch of the model installed in the tunnel is 
shown in figure 2. 

Wi nd Tunnel 

The investigation was conducted in the Langley S-foot transonic 
gressiire tunnel (ref. I)- Ifits tunnel is a continuous flow, 
variable-, irossure wind tunnel with controls that permit the independent 
variation of Mach number, stagnation pressure and teinierature. and 
dewpoint. The upper .and lower test-section walls are axially slotted to 
permit testing through the transonic speed range. The total slot width at 
the position of the model averaged about 5 percent of the width of the upper 
and lower walls. The tunnel has a square test section with filleted corners 
so that the total cross-sectional area at the beginning of the slots is 
equivalent to that of a 2 . 4 H-meter-diameter (8-foot-diameter) circle. 

Measurements 

s...farr.nressuremeasur emen_ts,.- Normal force and pitchinn moments 
acting on the airfoil were determined from surface static -pressure 
measurements. The surface-pressure measurements were obtained from a 
chordwise row of o-ifices located approximately 0.82c from the tunnel center 
,,„e. Orifices were more concentrated near the leading and trailing edges 
of the airfoil to define the pressure gradients in these regions and a 
rean,ard facing orifice was included in the trailing edge (identified at an 
upper surface x/c location of 1.00). Pressures were measured with 
electronically actuated differential pressure-scanning-val.e units with a 
transducer range of .68.0 kN/m2 (TO lh/in.2). Accuracy of the transducers 
was within 0.5-percont full scale. 
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Wake measurements.- Drag forces were determined from vertical 


variations of the total and static pressures measured across the wake with 
the ornfile drag rake shown in figure 3. The profiles, schematically 
illustrated in figure 4, represent the momentum losses as indicated by 
st an "a t i on- pro ssure deficits across the wake. The middle section of these 
profiles reflects viscous and separation losses in the boundary layer, 
v.ther^as the "wings" of the profile reflect direct losses in stagnation 
pressure across the shock waves. 

The rake was positioned in the vertical center- line plane of the 
tunnel, one chord length rearward of the trailing edge of the airfoil. The 
total -pressure tubes were flattened horizontally and closely spaced 
vertically (0.36 percent of the airfoil chord) in the region of the wake 
associated with skin-friction boundary- layer losses. Outside this region, 
the tube vertical spacing progressively widened until in the region above 
^hp wing where only shock losses were anticipated, the total -pressure tubes 
snared apart about 7.2 percent of the chord. Static-pressure tubes 
v--re distributed as shown in figure 3. Each static pressure measured was 
used over a section of the rake to detennine local flow conditions in the 
v/-rinity of the stati c-pressure tube rather than using an average of all the 
stat’c pressures measured. The rake was attached to the conventional 

1 i ne sting tnount of the tunnel i this arrangement permitted it to be 
■noved vertically to center the close concentration of tubes in the 
boundary-layer wake. 

Total and static pressures in the wake were also measured with 
electronically actuated differential-pressure scanning valve units. The 
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range of the transducer in the valve connected to total -pressure tubes 
intended to measure losses in the boundary-layer wake was il7.2 kN/m^ (2.5 
Ib/in^); the corresponding range for measuring shoc*f losses and static 
pressures in the wake was t6.9 kN/m^ (1.0 1b/in^). 

Reduction of Data 

Calculation of and Cj^. - Section normal-force anu pitching-moment 
coefficients were obtained by numerical integration (based on the 
trapezoidal method) of the local surface-pressure coefficient measured at 
each orifice multiplied by an appropriate weighting factor (incremental 
area). 

Calculation of cj*- To obtain section drag coefficients, point drag 
coefficients were computed for each total -pressure measurement in the wake 
by using the procedure of reference 3. These point drag coefficients were 
then summed by numerical integration across the wake, again based on the 
trapezoidal method. 

Wind-Tunnel-Wal 1 Effects 

Two-dimensionality of flow .- Observation of the flow over the model and 
on the tunnel sidewall at Mach numbers from 0.50 to 0.65 using the 
fluorescent-oil film method described in reference 5 showed the flow to be 
two-dimensional with no sidewall separation evident at maximum lift 
conditions. 

Corrections . - Because o^" the uncertainty in wall- induced lift 
interference effects and solid and wake blockage effects (particularly in 
the presence of local supercritical flow) the basic experimental data is 
presented without corrections for wall effects. 



An indication of the influence of the tunnel walls on the flow over the 
model is shown as a dashed line rotation of the normal force angle of attack 
curves of figures 5 and 6. The dashed lines represent incremental changes 
In angle of attack due to wall-induced downwash over the model. Using the 
geometric characteristics of the 8-foot tunnel (slot spacing = 64.31 cm 
(21.38 in.), tunnel semi-height of 108.61 cm (42.76 in.), and average 
openness ratio in the vicinity of the model of 0.051) and the analysis of 
reference 6, the incremental change in angle of attack (in degrees) was 
estimated to be Aot = -1.55 c^» 

TEST CONDITIONS 

Tests were conducted at lift coefficients from near zero through 
maximum values at Mach numbers from 0.30 to 0.86 for Reynolds numbers of 3.0 
million and 9.0 million with transition ^ixed at 5-percent chord. A limited 
amount of data was obtained near zero and maximum lift for a Reynolds number 
of 6.0 million with transition fixed at 5-percent chord. In addition, 
transition free data were obtained through the Mach number range from 0.30 
to 0.86 for zero lift and a Reynolds number of 3.0 million. 

Transition trips consisted of sparsely distributed 0.25-cm-wide 
(O.lO-in.) bands of carborundum grains sized according to the technique of 
reference 7 and attached to the surface with clear lacquer. No. 54 
carborundum grains were used for 3.0-million Reynolds number. No. 80 for 
6.0-inillion and No. 100 for 9.0-million. 

The stagnation temperature of the tunnel air was automatically 
controlled at temperatures which ranged, dependent on Reynolds number and 



Mach number, from 311 K (100°F) to 322 K (120*F). The air was dried until 
the dewpoint in the test section was reduced sufficiently to avoid 
condensation effects. 

PRESENTATION OF RESULTS 

The experimental data reported herein are presented without discussion 
in the following figures: 

Figure 

Force and moment characteristics. = 3.0 x 10^, 

transition fixed 5 

Force and moment characteristics. = 9.0 x 10^. 

transition fixed 6 

Effects of Reynolds number on force and moment 

characteristics. Transition fixed T 

Effects of Reynolds number on drag-rise characteristics 8 

Chordwise pressure distribution for Rp = 3.0 x 10^ and 
transition fixed, at: 

M = 0.30 ^ 

M = 0.35 10 

M = 0.50 11 

M = 0.55 12 

M = 0.60 13 

M 0.65 14 

M = 0.70 * 15 

M = 0.74 16 

M = 0.76 17 

M = 0.78 18 
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Figure 


M * 0.80 

M =• 

M = 0.84 

M = 

Chordwise pressure distribution for Rp = 6.0 x 10 and 
transition fixed, at: 

M “ 0.30 

M * 0.35 

M = 0.50 

M = 0.55 

Effect of Mach number on chordwise pressure distributions. 

= 6.0 ' 10^, angles of attack near zero, transition fixed 
Chordwise pressure distribution for Rp • 9.0 x 10 and 
transition fixed, at: 

M - 0.50 

M = 

M “ 0.6G 

M = 

M = 0.70 

M = 0.74 * 

M = 0.76 

M = 0.78 

M “ 0.80.... * 

M = 0.82 ** 
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21 

22 


23 

24 

25 

26 

27 


28 

29 

30 

31 

32 

33 

34 

35 

36 

37 


9 


40 


Effect of Mach number on chordwise pressure distributions. 

= 3.0 X 10^, angles of attack near zero, transition free 

The pressure distributions presented show disturbances in the airfoil 
pressure coefficient in some cases near 5-percent-chord. Examination of 
these disturbances (figs. 15(a), 16(b), 17(a), for example) show that they 
generally occur when the local velocity is near sonic velocity, and 
therefore, more sensitive. These disturbances are believed to be caused by 
the effect o^ the transition particles on the pressure orifices and may be 
disregarded. 
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TABLE I.- SECTION COORDINATES OF NACA 0012 SYMMETRICAL AIRFOIL.- Continued. 

[c = 63.5 cm (25 in. )] 


x/c 

z/c 

Design 

Measured 

Upper 

Lower 

.52 

.0516 

.0517 

-.0516 

.54 

.0502 

.0503 

-.0502 

.56 

.0488 

.0489 

-.0487 

.58 

.0472 

.0472 

-.0472 

.60 

.0456 

.0457 

-.0456 

.62 

.0440 

.0441 

-.0440 

.64 

.0422 

.0423 

-.0422 

.66 

.0404 

.0405 

-.0404 

.68 

.0386 

.0387 

-.0386 

.70 

.0366 

.0367 

-.0366 

.72 

.0347 

.0348 

-.0347 

.74 

.0326 

.0327 

-.0326 

.76 

.0306 

.0307 

-.0306 

.78 

.0284 

.0285 

-.0284 

.80 

.0262 

.0263 

-.0262 

.82 

.0240 

.0241 

-.0240 

.84 

.0217 

.0218 

-.0216 

.86 

.0193 

.0194 

-.0192 

.88 

.0169 

.0170 

-.0168 

.90 

.0145 

.0145 

-.0144 

.92 

.0120 

.0120 

-.0119 

.94 

.0094 

.0095 

-.0093 

.96 

.0067 

.0068 

-.0067 

.98 

.0040 

.0042 

-.0040 

1 nn 

nni 'i 

nm c 

nni 0 

X • w V 

• X 

• W X 1 
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Model reference line 
Tunnel center line 


End view, section A -A 

Figure 2.- Sketch of model installed in tunnel 
(with angle of attack end plates). 
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Figure 4.- Wake profile schematic. 






mauLm 

























Figure 5.- Continued. 




Figure 5.- Concluded. 
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Figure Concluded. 


3.0 X 10” 



Figure 7.- Effects of Reynolds number on force and monent characteristics 
of NACA 0012 airfoil. Transition fixed. 
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Figure 7.- Continued. 
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Figure 7.- Continued. 












Transition 



Figure 8.- Effect of Reynolds number on drag-rise characteristics 
of NACA 0012 airfoil, a » -0.14. 










Figure 9.- Continued. 
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Figure 9.- Continued 







Figure 9.- Continued. 
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Figure 9.- Concluded 



Figure 10.- Chordwise pressure distributions for NACA 0012 airfoil. 
Rn = 3.0 ^ 10°; M = 0.35; transition fixed. 




Figure 10.- Continued 
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Figure 12.- Chordwise pressure distributions for NACA 0012 airfoil. 
Rn = 3.0 / 10°; M = 0.55; transition fixed. 
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Figure 12. ♦ Concluded. 
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Cliordwise pressure distributions for UACA 0012 airfoil 
Rn = 3.0 ^ 10*^, H = 0.60; transition fixed. 
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Figure 13.- Continued 
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0.65; transition fixed. 



Figure 14.- Continued. 
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Figure 14.- Concluded. 
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Figure 15.- Concluded. 



Figure 16.- Chordwise pressure distributions for NACA 0012 airfoil. 
Rn = 3.0 X lo6; M = 0.74; transition fixed. 








0.76; transition fixed. 
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Figure 17.- Continued 
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Figure 17.- Concluded. 
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106 ; M = 0.78; transition fixed. 
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Figure 18.- Concluded. 
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Chordwise pressure distributions for NACA 0012 airfoil 
Rn = 3.0 ^ 10^; M = 0.82; transition fixed. 





0.84; transition fixed. 
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Figure 23.- Concluded 























Chord'wise pressure distributions for NACA 0012 airfoil. 
Rn = 6.0 ^ 10^; M = 0.50; transition fixed. 






Figure 26.- Chordwise pressure distributions for NACA 0012 airfoil. 
Rn = 6.0 ^ 106; M = 0.55; transition fixed. 
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6.0 > 106 ; transition fixed; angle of attack near zero. 






Figure 27,- Continued. 
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Figure 27.- Continued. 




Figure 27.- Continued. 








Figure 28.- Chordwise pressure distributions for NACA 0012 airfoil. 
Rn = 9.0 < 10^; M = 0.50; transition fixed. 





Figure 28.- Continued 






rigure 28.- Concluded. 
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Figure 29.- Chordwise pressure distributions for NACA 0012 airfoil. 
Rn - 9.0 ' 1(/^; M = 0.55; transition fixed. 





Figure 29.- Continued, 
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Figure 30.- Continued. 







0.65; transition fixed. 






Figure 31,- Continued. 
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9.0 ^ 10°; M = 0.70; transition 






Figure 33.- Chordwise pressure distributions for NACA 0012 airfoil. 
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Figure 35.- Concluded. 











Figure 38.- Chordwise pressure distributions for NACA 0012 airfoil. 
Rn = 9.0 " 10^; M » 0.84; transition fixed. 
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0.86; transition fixed. 
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Figure 40.- Continued. 






